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14 Abstract: This paper studies the combined effect of corrosion and fatigue on the growth of cracks in
15 aircraft and on the effect of skin corrosion and stress corrosion cracking on the load bearing
16 capacity of rib stiffened aircraft wings. In this context it is shown that the growth of cracks from
17 surface pitting, and also from intergranular cracking at a fastener hole, can be accurately computed

18 using the Hartman-Schijve variant of the NASGRO crack growth equation. The examples studied
19 support the lead crack approach, that has been independently developed by the USAF and the
20 Australian Defence Science Technology Group, in which the growth of lead cracks is often

21 exponential. In the case of skin corrosion it is shown that to be consistent with the US Joint Service
22 Structural Guidelines (JSSG2006) assessment of its effect on the load bearing capacity of the wing
23 should involve an assessment of whether at 115% DLL the remaining material exceeds the yield
24 stress of the material.

25 Keywords: operational aircraft; skin corrosion; fatigue crack growth; stress corrosion cracking;
26 buckling

27

28 1. Introduction

29 Despite the fact that the importance of fatigue and corrosion to engineering structures has been
30 recognised since the mid 19th century, and despite the problems that have arisen as a result of aging
31 aircraft [2-8], rail and civil infrastructure [9-12] the prediction of the effect of corrosion and fatigue on
32 the operational life of a structure is still largely an empirical science. Whilst the Aloha accident [3]
33 was the first to bring the problem of the combined effect of corrosion and fatigue to the attention of
34 the general public it has long been known that the corrosion of steel bridges can have a marked effect
35  on structural integrity. Indeed, the collapse of the I35W bridge in Minneapolis, USA led US Rep.
36  Michael Conway (R-TX11) to introduce the Bridge Life Extension Act of 2008. Transportation for
37  America subsequently conducted an analysis of the US National Bridge Inventory [12] and reported
38  that one in nine U.S. bridges were rated as structurally deficient. In this context it should be noted
39  that for steel bridges the primary problems essentially result from either corrosion due to exposure
40  of the steel to atmospheric conditions and/or from small non detectable initial material
41  discontinuities [13]. As a result the US National Cooperative Highway Research Program, NCHRP
42 Synthesis study [13] highlighted the need to develop advanced fatigue life calculation procedures
43 that were capable of accounting for non visible cracks in steel bridges. Indeed, the need to be able to
44 account for small sub mm initial defects is reinforced in the US Federal Highway Administration
45  Steel Bridge Design Handbook [14] where it was noted that crack growth essentially starts from day
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46  one and that the majority of the life of steel bridges is consumed in growing to a size where a crack
47  can be detected. As explained in [15] this observation coincides with that seen in the growth of
48 cracks in operational aircraft [6, 8, 16, 17-19]. In this context it is now known [8, 16, 17-19] that the
49  fatigue life of operational aircraft are governed by the growth of lead cracks, i.e. the fastest cracks in
50  the structure. For aircraft “lead cracks” have the following characteristics, from [17], viz:

51

52 i.  Typical initial discontinuity sizes are about equivalent to a 0.01 mm deep fatigue crack.

53 ii. They start to grow shortly after the aircraft is introduced into service.

54 iii. The majority of the life is consumed growing to a size that can be detected using existing
55 non destructive inspection techniques.

56

57 For aircraft it has recently been shown [8, 21-24] that various independent findings [8, 21-26]

58  support the hypothesis presented in [8, 21] that for combat and civil transport aircraft true
59  corrosion-fatigue interaction may not occur and that the effect of the operational environment on the
60  growth of fatigue cracks from small naturally occurring corrosion sites in combat aircraft essentially
61  decouples with the environment:

62

63 i)  Creating material discontinuities of various sizes, which depend on the level and nature of
64 the corrosion damage, such that cracks subsequently grow from these discontinuities;

65 ii) Growing existing cracks/discontinuities during extended periods of inactivity.

66

67 In this paper we first explain how the Hartman-Schijve variant of the NASGRO crack growth
68  equation [8], viz:

69

70 da/dN=D((AK- AKunr)N((1-K_max/A))) P 1)

71

72 can be used to compute the effect of cracks that arise as a result of environmental damage in
73 aircraft structures. Here D and P are constants, and A is the cyclic fracture toughness, AKa is defined
74 as an apparent fatigue threshold and is dependent on crack length and R ratio. The exponent { is
75  often approximately 2 [8, 19], see Appendix for more details.

76 The examples studied substantiate the lead crack approach that has been independently
77  developed by the USAF and the Australian Defence Science Technology Group that the growth of
78  such lead cracks is often exponential. It is also shown that what at first glance appears to anomalous
79  crack growth data can be due to the effect of the environment on the fatigue threshold term AKnr.
80 A feature about the Hartman-Schijve equation, i.e. equation (1), is that the scatter in the da/dN
81 versus AK curves is captured by allowing for the variability in the term AKar [ 7, 8, 19, 20, 27, 28]. In
82  this context it is now known [29-33] that equation (1), with the term AK replaced by ANG where G is
83  the energy release rate, also holds for cracking in adhesives and delamination growth in composites
84  and nano-composites. It is also known [30, 31] that the large scatter seen in the delamination growth
85  curves is captured by allowing for the variability in the term AVGin.

86 It is also shown that what at first glance appears to anomalous crack growth data can be due to
87 the effect of the environment on the fatigue threshold term AKur and that, in the tests discussed, the
88  small crack anomaly could be accounted for by allowing for changes in the threshold term AKir.

89 Having discussed the cracking from surface pitting, the interaction of cracks at fastener holes
90  containing intergranular cracking and the ability of the Hartman-Schijve equation to help
91  understand what appears to be anomalous crack growth data we subsequently discuss how to
92 compute the effect of skin corrosion and stress corrosion cracking on the load bearing capacity of rib
93  stiffened aircraft wing structures. In the case of skin corrosion it is shown that assessment of its effect
94 on the load bearing capacity of the wing should involve an assessment of whether at 115% DLL the
95  remaining material exceeds the yield stress of the material.

96
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97 2. Crack Growth at Fastener Holes Containing Intergranular Cracking

98 The first problem discussed involves the effect of intergranular cracking (IGC) on crack

99  growth in P3C Orion dome nut hole specimens (DNHS) that had intergranular corrosion (IGC)
100  subjected to a maritime aircraft flight load spectrum [35]. A survey of the open literature suggests
101 that the first study into the influence of multi-layer intergranular cracking (MLIGC) on crack growth
102 was reported in [36]. In this context, the study in [36] found that crack growth at a fastener hole
103 containing MLIGC can proceed in a fashion that was termed as ‘tunnelling’ in [36]. The subsequent
104  study in [37] revealed that different levels of load transfer in MLIGC, which arose as a result of
105 various levels of contact below the IGC surface, resulted in a similar stress concentration at the hole.
106 This review also reveals that, as outlined in ASTM E647-13a Appendix X3m and [15, 19, 20,
107 27, 38], the value of the threshold term needed to assess the effect of corrosion damage on fatigue
108  crack growth is small so that the formulation essentially becomes a simple Paris equation with an
109  exponent of approximately 2. As such both NASGRO and AFGROW can be used to capture the
110 growth of cracks that emanate from small corrosion pits in operational structures.
111 To illustrate this consider the specimen test program discussed in [38]. The geometry of the test
112 specimens is shown in Figure 1, from [38], and was designed so as to represent the dome nut fastener
113 hole in a RAAF P3C Orion wing skin. The specimens were approximately 1.5 mm thick. The 6.35
114  mm diameter central hole contained intergranular corrosion (IGC). In these specimens the IGC
115 occurred at different depths beneath the surface, see Figures 2 - 5 which present both the depth and
116  location of the IGC for specimens P3-IG-33 and P3-1G-16. The test data presented in [38] was taken
117  from [39].
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119 Figure 1. Schematic of the DNH coupon, from [38].
120 In this study attention was focused on specimens which had the fastest growing crack growth

121 rates, viz: specimens P3-1G-33, P3-1G-16, P3-1G-04 and P3-1G-01. In specimens P3-1G-33, P3-1G-16 the
122 IGC was approximately 1.5 mm and 0.8 deep respectively. These specimens were subjected to a
123 measured RAAF FCA-352 (clipped) flight load spectra. Specimens P3-IG-04 and P3-1G-01, where
124 the IGC was approximately 0.42 mm and 0.33 deep respectively, were tested under a RAAF FCA-16
125  (clipped) flight spectrum, see [38] for more details. Both the spectra and the crack growth data are
126  discussed in [38].

127
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128

129 Figure 2. FEA model of dome nut hole coupon with an 0.8 mm deep IGC representing the IGC found
130 in test specimen P3-1G-16, [38].

131

132 Figure 3. FEA model of dome nut hole coupon with an 1.5 mm deep IGC representing the IGC found

133 in test specimen P3-1G-33, from [38].
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134
135
136 14 50 SEI
137 Figure 5. Local view of the fracture surface corresponding to test specimen P3-IG-16, from [38].
138 2.1. Crack growth in DNHS specimens tested under a measured RAAF AP-3C flight load spectrum
139 In [38] three dimensional finite element models were created for each specimen. Models

140  were created for specimens both with and the without IGC. In each case crack growth was
141  allowed to develop naturally and the associated stress intensity factors were computed using
142 three dimensional weight function theory as explained in [19, 34]. The advantage of this
143 formulation is that cracks do not have to be explicitly modelled, there is no restriction on the
144 aspect ratio’s, which are allowed to change as the crack(s) grow, and only the uncracked finite
145 element model is required, see [19] for more details. In this instance [38] revealed that for
146  specimen P3-IG-33 the IGC was located close to what we will term the “upper surface” of the
147  specimen, see Figures 2 and 3 where the IGC is approximately 0.3 mm beneath the surface.
148  Reference [38] also revealed that for this specimen the initiating feature appeared to lie near the
149 upper intersection of the surface of the “lower” IGC and the bore of the hole, i.e. in the larger
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150  ligament. The precise location of the IGC is given in [38]. To evaluate the effect of different
I51  initial crack configurations analysis on crack growth in specimens P3-IG-04 and P3-IG-01 two
152 types of initial crack configurations were analysed, viz: an initial corner crack and an initial
153 semi-elliptical crack that spans the IGC, as was the case when there was no IGC. In each case, as
154  in all of the analyses performed in this report, the depth of the initial equivalent precrack (EPS)
155  was taken as per [17, 40] to be 0.01 mm.

156 As recommended in [8, 19] the computed crack growth histories were obtained using the
157  Nasgro crack growth equation for this material, viz:
158 da/dN =1.86 10-9 [(AK — AKr)?/(1-Kmax/111) 2)

159  with the constants for this material as given in [19]. The computed crack growth histories are
160  shown in Figure 6 together with the measured crack length histories. Here the term AK
161  accounts for the fatigue threshold, see [8, 19] for more details. As can be seen in Figure 6 the
162  computed and measured crack growth histories are in good agreement. Of particular interest is
163 the fact that, in this instance, the computed results with and without IGC were almost identical.
164  This reflects the fact that IGC does not significantly change the local stress field.
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165
166 Figure 6. Comparison of the computed and measured crack growth histories for specimens
167 P3-1G-16 and P3-IG-33, from [38].
168 References [7, 8, 19, 26, 27, 38] illustrated how the variation in the crack growth histories

169  can be reasonably well captured by allowing for small changes in the threshold term AKi. The
170  variation in the measured and computed crack growth histories for test specimens P3-1G-03,
171  P3-I1G-16, P3-IG-24 and P3-IG-032 is shown in Figure 7 along with the computed crack growth
172 histories where the associated values of the threshold AKur used in the analysis are given in
173 Table 1. Here it is clear that both the crack growth history associated with the fastest growing
174 cracks and the scatter in the measured crack growth histories are captured quite well. It is also
175  clear that:
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i)  The fastest cracks, i.e. the lead cracks, grow exponentially as per the USAF approach
to risk assessment [16] and the DST Group formulation [17, 18] that was originally
developed for assessing the structural integrity of the RAAF F/A-18 Classic Hornet
fleet [18].

ii) For such naturally occurring lead cracks the fatigue threshold term AKur is quite
small, see Table 1.

iif) The presence of IGC made little difference on the computed crack growth history.
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Figure 7. Comparison of the computed and measured crack growth histories for specimens
P3-1G-16 and P3-1G-33, from [38].

Table 1. Values of the threshold used, from [38].

Test Specimen AKinr (MPa Vm)
P3-1G-03 1.2
P3-1G-16 0.2
P3-1G-24 1.6
P3-1G-32 0.6
P3-1G-33 0.2
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188
189 3. Crack Growth at Fastener Holes Containing Intergranular Cracking
190 Having established how the Hartman-Schijve crack growth equation can be used to accurately

191  compute the growth of cracks at a fastener hole containing intergranular cracking subjected to a
192 measured operational maritime flight load spectrum let us next consider the problem discussed in
193 [20] which involves the growth of cracks from surface pits under a representative civil aircraft
194 spectrum. (Here it should be noted that the ability of this formulation to accurately compute the
195  growth of cracks from surface pits under combat aircraft flight load spectra is shown in
196  [8, 19,20, 26, 41] and its ability to accurately compute the growth of cracks from surface corrosion in
197 a bridge steel is illustrated in [42].) The test coupons discussed in [20] were made from an
198  AA7050-T7451 6” thick plate and had an “hourglass” (dogbone) shape, as shown schematically in
199  Figure 8. The mechanical properties of the plate are detailed in Table 2.

200 The specimens were designed to have geometric features similar to the critical Outer Mould
201  Line (OML) flange area just below one of the lower wing attachment lugs of the F/A-18 aircraft. The
202  surface of the coupon was etched using a treatment similar to that used by Boeing to etch
203  components of the F/A-18 prior to coating with Ion Vapour Deposited (IVD) aluminium. As
204  explained in [20] the pitting produced by the etching process produces pits of the order of 10um
205  deep and as such are also of a size typical of other discontinuities in this material i.e. inclusions and
206  small pores [17]

207
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208
209 Figure 8. Geometry of the test specimens, from [20].
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211 Table 2. Mechanical properties of the 7050-T7451 plate, from [20].
Property LM plate
Thickness 6.35mm (1/4 inch)
Test Section Width 25mm
Radius 47.Imm
Total Width 25mm
Total Length 160mm
Cross-sectional Test Area (At) 158.75mm?
Stress Concentration Factor 1.155
Load Direction [L]
Surface Finish Simulated pre-IVD
Plate UTS (L. LT, ST) 483.3, 488.8, 472.3 MPa
212
213 In [20] five coupons were fatigued at 10Hz under a miniTWIST spectrum, the load level used
214 as given in Table 3, where one load block consisted on 62,892 cycles, see [20] for more details. The
215  fatigue lives of these specimens are given in Table 4. Plots of the associated crack depth versus
216  fatigue life histories are shown in Figure 9.
217 Table 3. Values of the threshold used, from [38].
Coupon Pmax (kN) Prmin (kN) Net section peak applied
stress (MPa)
LM296 47.748 -11.015 301
LM322 48.034 -11.307 303
LM340 47.887 -11.057 302
LM349 47.802 -11.032 301
LM354 47.901 -13.341 302
218
219 Table 4. Fatigue lives of the specimens, from [20].
Coupon Life (Blocks) Life (Cycles)
LM?296 15.62 982085
LM322 11.66 733411
LM340 15.84 996092
LM349 17.00 1069179
LM354 16.39 1030801
220
221 The crack growth histories computed in [20] used the Hartman-Schijve equation for this
222 material, viz:
223
224 da/dN=7x 10619 (AK-AKin/N(1-Kmax47))? ©)]
225
226  and are also shown in Figure 9. Here it can again be seen that the growth of both long and short
227  cracks growing from etch pits on the surface of an AA7050-T7451 coupon, which was cycled under
228  the miniTWIST spectrum, can be reasonably accurately captured by allowing for relatively small
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229  changes in the AKthr value. The values of AKur used as well as the initiating discontinuity size are
230  shown in Table 5.

231
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233 Figure 9. Comparison of measured and computed crack growth histories of AA7050-T8451
234 under a miniTWIST spectrum, from [20].
235 Table 5. Fatigue lives of the specimens, from [20].
Coupon Life (Blocks) Life (Cycles)
LM?296 15.62 982085
LM322 11.66 733411
LM340 15.84 996092
LM349 17.00 1069179
LM354 16.39 1030801
236
237 The results of this study when taken in conjunction with that in Section 2 and the studies

238  presented in [6, 8, 19, 20, 26, 4238, 41, 42] illustrate how the growth of cracks from environmental
239  damage in aircraft structures can be reasonably accurately computed using the Hartman-Schijve
240  crack growth equation and that allowing for experimental error the variability of the crack depth
241  histories can be reasonably well accounted for by allowing for small changes in the value of the term
242 Kthr. We also see that, as per the USAF approach to risk assessment [16] and the DST Group
243 formulation [17, 18] the growth of the lead cracks, i.e. the fastest growing cracks, is approximately
244  exponential. This observation, i.e. exponential crack growth, also holds for composite and cold spray
245  repairs to cracks and for cold spray repairs to cracks that grow from holes that contain intergranular
246  cracking [43, 44].

247

248

249
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250 4. INTERPRETING THE EFFECT OF THE ENVIRONMENT ON da/dN VERSUS AK CURVES

251 The paper by Jones, Peng, Singh, Huang and Tamboli [6] revealed that the accelerated crack
252 growth rate seen in tests in laboratory tests in an aggressive environment can often be accounted for
253 by allowing for the effect of the environment on the fatigue threshold term AKwr. However, since as
254  we have seen in the preceding sections lead cracks in operational aircraft generally have a low
255  threshold this effect, although significant in laboratory tests performed in accordance with the main
256  body of the test standard ASTM E647-13a, will often be minimal for cracking in operational aircraft.
257  Asaresult laboratory tests on small sub mm cracks tested in an aggressive environment often yield
258  da/dN versus AK curves that essentially coincide with the small crack curves associated with
259  laboratory tests in room temperature environments [6, 8].

260 To illustrate that the effect of the environment can sometimes be represented by allowing for its
261  effect on the value of AKur consider the data presented by Wanhill [45] for the crack growth in the
262  commercial titanium alloy IMI130 tested in dry argon (less than 20 ppm water vapour), normal air
263 (40-60% relative humidity) and 3.5% aqueous NaCl. The associated da/dN versus AK curves are
264  given in Figure 10. Figure 11 presents this data replotted as per equation (1), i.e. by plotting da/dN
265 against (AK-AKur)/N(1-Kma/A). Here we see that the various curves now (essentially) all fall onto a
266  single curve regardless of the R ratio or the test environment, i.e. that the difference in the crack
267  growth rates can be accounted for by allowing for changes in the term AKr. The values of AKur and
268 A used in Figure 11 are given in Table 6.
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269
270 Figure 10. Crack growth in IMT130, from [45].
271

272


http://dx.doi.org/10.20944/preprints201806.0174.v1

Preprints (www.preprints.org) | NOT PEER-REVIEWED | Posted: 12 June 2018

273
274

275
276

doi:10.20944/,

reprints201806.0174.v1

12 of 25
1.0E-04
©AiIrR=0.1
¢ Air R=0.667
1.0E-05 ——  ANaCIR=0.1
ENaCl R =0.667
¢Dry Argon R=0.1
1.0E-06
(<) y = 7.47E-10x200E+00
© R? =9.86E-01
5 1.0E-07
£
S
S 1.0E-08
1.0E-09
Y
1.0E-10 \ \
0.1 1 10 100
(AK-AK,, J(1-K ., /A) 2 MPa 'm
Figure 11. Crack growth in IMI130 replotted.
Table 6 Values of Kur and A
Material Environment Nature of | Test frequency | AKr A
thetest  |(Hz) (MPa+vm) | (MPaVm)
IMI130 Lab air R=0.1 30-50 2.4 90
IMI130 3.5% NaCl R=0.1 30-50 2.1 90
IMI130 Dry argon R=0.1 30-50 8.0 90
IMI130 Lab air R=0.667 | 30-50 3.0 90
IMI130 3.5% NaCl R=0.667 | 30-50 2.1 90
7075-T6511 water vapour | Kmax = 15 | 10 1.1 30
(CT) saturated with N2 | (MPa \/m)
7075-T6511 water vapour | Kmax = 15 | 10 2.0 30
(SENT) saturated with N2 | (MPa Vm)
7075-T6511 1% NaCl Kmax = 15| 10 0.87 30
(small crack) (MPa Vm)
7075-T6511 Simulated lapjoint | Kmax = 15 | 10 0.75 30
(small crack) | (SLJ) environment | (MPa Vm)
7055-T6511 water vapour | Kmax = 15 | 10 0.8 30
(CT) saturated with N2 | (MPa \/m)
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7055-T6511 water vapour | Kmax = 15 | 10 1.8 30
(SENT) saturated with N2 | (MPa Vm)
277  4.1. Anomalous crack growth curves
278 There are times when environmental tests can yield apparently anomalous results. For

279  example Kim, Burns and Gangloff [46] presented crack growth data for 7075-T6511 and 7055-T6511
280  tested in water vapour saturated with N2 using both SENT and CT specimens, tested at a constant
281  Kmax=17 MPa Vm, and compared this data with that associated with the growth of (short) sub mm
282  initial cracks, in aggressive environments ,with depths that varied between 0.48 to 0.84 mm. This
283  data revealed that the SENT and CT specimens, which are both ASTM E647-13a standard test
284  specimen geometries, gave very different da/dN versus AK data, see Figure 12. However, as shown
285  in [47] the anomaly vanishes when the data is replotted as per equation (1), i.e. when plotting da/dN
286  against (AK-AKur)/N(1-Kmax/A), see Figure 13. Figure 13 also reveals that, for the growth of small
287  cracks in 7055-T651, when expressed as per equation (1) the long and small crack data now
288  essentially fall onto the same curve, i.e. that in this instance the small crack anomaly vanishes when
289  allowance is made for the reduction in AKr. Furthermore, the various tests can all be approximated
290 by the relationship

291

292 da/dN =1.86 10° [(AK — AKnr)?/(1-Kmax/A)] 3)

293

294  that was determined in [41] for the growth of long cracks in 7075-T6511 in room temperature

295  laboratory conditions. The values of AKr and A used in Figure 13 are given in Table 6.

1.00E-05
1.00E-06
Difference between
the two test specimen
geometries
9 1.00E-07 —
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3
L 1.00E-08 - A7055-T6511 SEN ]
m7055-T6511 CT
1.00E-09 | ©7075-T76511 small 1% NaCl
®7075-T75611 small SLJ
1.00E-10 .
1 10 100
AK MPa vYm
296
297 Figure 12. Crack growth in 7075-T651 and 7055-T6511 tests, from [46]. (SLJ = simulated lap joint
298 environment).

299
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300
301 Figure 13. Crack growth in 7075-T651 and 7055-T6511 tests replotted, from [47].
302
303 As such we see that when assessing the effect of the environment on tests performed as per the

304  main body of the test standard ASTM E647-13a it is desirable to check to see if the phenomena
305  observed can be captured by merely allowing for changes in the threshold term AKu: or if there are

306  marked changes in the values of D and B in equation (1).
307

308 5. STRESS CORROSION CRACKING (SCC)

309 Having initially focused on the growth of cracks from environmentally induced cracking let us
310  next address the problem of stress corrosion cracking (SCC) in rib stiffened wing planks. This
311  problem is common to both military transport and maritime reconnaissance aircraft. Stress corrosion
312 cracks arising in the wing planks of C-130 Hercules and P3C Orion aircraft are a good examples of
313 this problem, see Figures 14 and 15. In both instances the wing planks were machined from
314  monolithic 7075-T6 rolled plate material to produce wing skins with integral reinforcing risers,
315  about 2.6 mm thick.

316
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317
318 Figure 14. Schematic diagram of location of stress corrosion cracking in C-130 wing, from [48].
319
320
321 Figure 15. Typical SCC in a P3C (Orion) wing, photograph courtesy of M. Dorman, RAAF
322 MPSO.
323
324 On compression surface of the wing the allowable size of the SCC is generally set by the length

325  that will cause local buckling of the wing [44, 49]. To illustrate effect of SCC on the load carrying
326  capacity [49] tested three nominally identical specimens. The geometry of the test specimens are
327  shown in Figures 16 and 17. This included two baseline specimens, i.e. no simulated SCC, and one
328  specimen with simulated SCC. All of the specimens were cut from a RAAF AP3C (Orion) wing panel
329  supplied by Maritime Systems Patrol Office and Airbus Group Australia Pacific, see Figure 18. As
330  such although the specimens were nominally identical the specimens had small differences in the
331  thicknesses of the riser (stiffeners), see Table 7.

332
333 Table 7 Difference in thicknesses of the riser, from [49].
Specimen Identifier Thickness (mm)
1 (no SCC) 4.22
2 (no SCC) 4.20
3 (SCC) 4.29

334
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Figure 16 - Geometry of the test specimen with simulated SCC, from [Error! Reference source not
found.49].
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Figure 17 - Geometry of the baseline specimen (no simulated crack), from [Error! Reference source
not found.49].

Figure 18 - Exterior (a) and interior (b) views of a right hand wing upper wing panel (part number 938807-102),
from [Error! Reference source not found.].

The buckled shapes for three types of specimens are shown in Figure 19 and the associated load
deflection curves are shown in Figure 20. Here we see that not only did SCC dramatically lower the
failure load it also significantly changed the failure mode from a “global” buckling failure to local
failure which resulted in cracking that ran the entire length of the specimen.

The buckled shapes for three types of specimens are shown in Figure 19 and the associated load
deflection curves are shown in Figure 20. Here we see that not only did SCC dramatically lower the
failure load it also significantly changed the failure mode from a “global” buckling failure to local
failure which resulted in a cracking that ran the entire length of the specimen.
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355
356 Figure 19 - The buckled shapes, (a) with simulated SCC, (b) baseline specimen, from [Error!
357 Reference source not found.].
358
359 The difference in the load deflection curves arising due to the presence of SCC is shown in

360  Figure 20. Here, in addition to the dramatic reduction in strength due to the SCC, we see that prior to
361  failure the compliance of the specimen was unchanged by the presence of SCC. This suggests that
362  the presence of SCC will not affect the load flow in a wing plank and hence not compromise the

363  structural integrity of any nearby structural repairs.

364
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366 Figure 20 - Load displacement curves, from [Error! Reference source not found.49].
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367

368 A finite element study into the effect of SCC on the buckling modes and buckling loads was also
369  performed in [49]. This study revealed that the computed and experimental buckling loads were in
370  good agreement, see Table 8, thus confirming the ability of finite element analysis to be used to

371 assess the effect of SCC on a structure.

372
373 Table 8 Comparison between the experimental and FEM buckling loads, from [Error! Reference
374 source not found.].
Specimen Experimental (kN) FEM
No. [Remote mean stress in MPa] (kN) % difference
1 60.2
(no SCC) [252] 60 -0.03
2 59.8
(no SCC) [250] o0 0.3
3 41.3
(SCC) [173] 42.8 0.35
375
376 6. ASSESSMENT OF THE EFFECT OF SKIN CORROSION ON WING PLANK INTEGRITY
377 ON COMPRESSIVE SURFACES
378 Having briefly introduced the problem of corrosion on upper wing skins this section focuses on

379  atypical AP3C wing plank with skin corrosion that lies between two risers (stiffeners), see Figure 21.
380  As outlined in [44], observed corrosion is often near circular in shape. However, because of the
381  difficulty in analysing this geometry a full width corrosion grindout is often assumed when the
382  assessment of the impact of corrosion is conducted, see Figure 21. Consequently, to more closely
383  represent the actual corrosion profiles [44] studied the effect of circular corrosion that lay between
384  two risers. In [44] special attention was paid to the US Joint Services Structural Guidelines JS5G2206
385  requirement that there must be no yielding at 115% Design Limit Load (DLL). As such one of the
386  primary assessment criteria used in [44] was that the corrosion did not violate the DDL requirements
387  inJSSG2006 that there should be no local yielding at 115% DLL.

Full width corrosion
grind out assumed
in the analysis to
its assess effect on
operational aircraft

Plccscccsscassassssnsssas

é .‘.l'....l.‘...'..‘-... :

Actual size of
corrosion grind out

388
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389 Figure 21 - Exterior and Interior Views of RHW#07 Upper Wing Panel (P/N 938807-102), from [44].

390  6.1. Corrosion between risers

391 The geometry of the panel and risers analysed in [44] was taken so as to represent a typical
392  AP3C wing section. To this end [44] analysed a 500 mm (long) by 250 mm (wide) rib stiffened
393 7075-T6 aluminium alloy panel where the skin and the risers were both 4.3 mm thick. The length of
394  the panel was taken so as to approximate the distance been the H-clips that are attached to the risers,
395  see Figures 22 and 23. The risers were 30 mm deep and 50 mm apart. The skin thickness analysed
396  was 2.1 mm. In this study the corrosion was taken to be 40 mm in diameter with a depth of 1.05
397  mm. This depth of corrosion was approximately 50% of the total thickness of the skin. As such the

398  panel would normally be replaced/rejected.
399

‘.  H-clip attachments to the !;isers

400
401

402 Y . -
403 Figure 23 - Underside of a typical P3C wing plank showmg the attachment points, from [44].
404

405  6.2. Assessment of corrosion

406 The finite element model developed in [44] consisted of 961,579 nodes and 583,696 twenty one
407  node isoparametric element elements. Both a liner buckling analysis and a non-linear analysis,
408  allowing for both material (material yielding) and geometric nonlinearities (large displacements),
409  were performed. This analysis used the stress strain curve for the material as given in Mil Handbook
410 5. A linear buckling analysis of the baseline (no corrosion) panel was conducted first. This yielded a
411  buckling load of 325 kN. The associated buckling mode is shown in Figure 24. The linear buckling


http://dx.doi.org/10.20944/preprints201806.0174.v1

Preprints (www.preprints.org) | NOT PEER-REVIEWED | Posted: 12 June 2018 d0i:10.20944/preprints201806.0174.v1

20 of 25

412 load for a 50% loss of skin was found to be 318 kN. The associated buckling mode is shown in Figure
413  25. Atfirst glance these results would appear to suggest that corrosion has little effect on the failure
414  load. However, as shown in [44] this conclusion is incorrect.

415
Educational License - For Educational and Training Use Only
Output Set: MODE 1, EIGV=1.626246
416 Deformed(1.002): TOTAL TRANSLATION
417 Figure 24 - Buckling loads for the baseline panels (no corrosion), from [44].
418
/1
215.3 |
189.2
163.
Output Set: INCR 30, LOAD=0.6 )@iv :?gz
Deformed(1.418): TOTAL TRANSLATION :
419 Nodal Contour: SOLID VON MISES STRESS 84.74
420
421 Figure 25 - Buckling mode and buckling load (318 kN), from [44].
422
423 To further evaluate this conclusion a non-linear analysis, allowing for both material (material

424  yielding) and geometric nonlinearities (large displacements), was performed. This analysis revealed
425 that, for the case of a 50% loss of material, the load to first yield, and hence the maximum load
426  carrying capacity allowed if the design guidelines as delineated in JSSG2006 are to be met, was
427  approximately 240 kN which is significantly below the linear buckling load of approximately 318
428  kN. Figure 26 present the stress field at the onset of yielding, i.e. at a load of approximately 240 kN
429  and an average panel stress of approximately 205 MPa.

430 At this point it should also be noted that the presence of skin corrosion has changed the failure
431  mode from global failure (overall panel buckling) to a local failure mode, which is relatively
432 unaffected by the nature of the constraints applied to the non-loaded edges, whereby the remaining
433 material fails by exceeding material allowables.

434
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436 Figure 26 - Stress in the remaining material at a load of 240 kN, from [44].
437

438 7. DISCUSSION OF RESULTS

439 This paper has examined the combined effect of corrosion and fatigue on the growth of cracks
440  in aircraft. It is shown that the growth of cracks from surface pitting and also from intergranular
441  cracking at a fastener hole can be accurately computed using the Hartman-Schijve crack growth
442  equation with the threshold term set to a small value. Furthermore both studies support the lead
443 crack approach that has been independently developed by the USAF and the Australian Defence
444 Science Technology Group that the growth of lead cracks in operational aircraft is often exponential.
445 It is also shown that what at first glance appears to anomalous crack growth data can be due to
446  the effect of the environment on the fatigue threshold term AKur and that in the tests discussed the
447  small crack anomaly could be accounted for by allowing for changes in the threshold term AKir.
448 It is further shown that finite element analysis can be used to compute the effect of
449  environmentally induced skin corrosion and stress corrosion cracking in the ribs on the load bearing
450  capacity of rib stiffened aircraft wings. In the case of skin corrosion it is shown that assessment of its
451  effect on the load bearing capacity of the wing should involve an assessment of whether at 115%
452  DLL the remaining material exceeds the yield stress of the material.
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462  Appendix: The Hartman-Schijve variant of the NASGRO crack growth equation

463  There are numerous crack growth equations that have been developed over the decades. The
464  NASGRO equation developed by Forman and Mettu [50] is one of the most widely used equations
465 and is available with both the NASGRO, AFGROW and FASTRAN computer codes. The
466  Hartman-Schijve variant of the NASGRO equation, which is discussed in more detail in [8, 19],
467  relates da/dN to the quantity by which AK exceeds a fatigue threshold AKu is given by:

468

469 da/dN = D((AK- AKu)N((1-K_max/A)))? (A1)


http://dx.doi.org/10.20944/preprints201806.0174.v1

Preprints (www.preprints.org) | NOT PEER-REVIEWED | Posted: 12 June 2018 d0i:10.20944/preprints201806.0174.v1

22 of 25

470

471  Here D and f are constants, and A is the cyclic fracture toughness, a term which may differ from the
472 fracture toughness Kc. AKur is defined as an apparent fatigue threshold and is dependent on crack
473  length and R ratio. (Values of approximately 0.18 MPa Vmm were used in [7] to compute the growth
474  of such lead cracks (also see [8, 19]) in 7050-T7451 and similar values were used for lead cracks in
475  7075-T6XX [19, 20, 26, 38].) The exponent B is often approximately 2 [8, 19]. Indeed, this finding is
476  independently validated via the recent review of atomistic simulation of the growth of small cracks
477 [52, 53]. As explained in ASTM E647-13a [54] and [8, 19, 20, 27-42, 53], for crack growth from small
478  naturally occurring discontinuities there is little R ratio dependence and the value of AKur is very
479  small . Hence there is little, if any, crack closure associated with the growth of small naturally
480  occurring cracks [8, 19, 53].

481  Since the majority of the life of a fatigue crack is consumed in propagation of small cracks (up to
482  about 1 mm), the understanding of small crack growth behaviour is crucial for fatigue life
483  assessment, see ASTM E647-13a Appendix X3 [54] and [55]. It is now known
484  [6-8,15, 19, 20, 42, 38, 41, 27, 51, 53] that Equation (2) can capture the variation in the crack growth
485  rates from small to long cracks by allowing for appropriate changes in the parameter AKgnr.

486
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